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Abstract. The paper discusses the various aspects of satellite integration. A detailed 
plan is given for both mechanical and electrical integration of Aryabhata , elucidating 
the integration procedures and practices which were evolved to cater to the various 
types of interface requirements between the different onboard subsystems as well as 
between the spacecraft and the rocket carrier. 
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1. Introduction 

The fundamental task of integration of Aryabhata was to provide the mechanical 
assembly and electrical interconnections for the various subsystem units to mould 
them into an electrically compatible, mechanically rigid and reliable system. The 
purpose of total integration was to ensure that all hardware would successfully func¬ 
tion as an integrated system to achieve the mission objectives of Aryabhata. 

1.1. Integration process and philosophy 

The process consisted of mechanical and electrical integration, qualification testing 
of the basic design using the engineering, mechanical and electrical prototype models 
and acceptance testing of the workmanship using the flight model. Qualification 
and acceptance considerations demanded an elaborate study on the interactions 
between the various subsystems including the experiments, interaction between the 
spacecraft and the launch vehicle and also the interactions between the subsystems 
and the environment to which they were likely to be exposed. 

Each subsystem carried on the spacecraft had a large number of general interface 
requirements which normally could be put into the following categories. 

(a) Mechanical interfaces generated by the constraints on size, weight, location, 
type of mounting, centre of gravity, moment of inertia and dynamic balance. 

(b) Environmental interfaces based on requirements of thermal, vacuum, vibra¬ 
tion and shock mounting. 

(c) Electrical interface based on requirements of voltage, current, noise tolerance, 
electromagnetic interference (EMI) compatibility, electrical interconnections 
and connector types. 
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(d) Functional interfaces based on the requirements of alignment, stability, data 
calibration and tuning. 

In addition, the following interfaces were also considered for the successful com¬ 
pletion of the prelaunch and launch phase operations. 

(a) Spacecraft—ground support equipment interfaces based on the requirements 
of pre-launch and launch phase electrical checkout and handling operations 
and service points for filling the gas bottles of the spin-up system. 

(b) Spacecraft—launch vehicle interfaces based on the requirements of electrical 
interconnections between the satellite and the launch vehicle including sepa¬ 
ration system and the heat shield envelope. 


2. System layout 

After a series of critical reviews on the subsystems and the structure, the subsystem 
layout was designed wherein the following considerations Were taken into 
account. 

2.1 Mechanical and environmental considerations 

(a) Provision of a configuration permitting the separate development and quali¬ 
fication of the experimental packages and technological subsystems. 

(b) Desirability of packaging the electronic subsystems in units of standard dimen¬ 
sions. 

(c) Rational location of subsystems to achieve adequate load and heat paths and 
to minimise weight concentration. 

(d) Compactness and peripheral distribution of the subsystem units to keep the 
values of the physical parameters such as the moment of inertia, centre of 
gravity within the specifications. 

(e) Static and dynamic balancing from the point of view of stabilisation. 

(f) Accessibility, replaceability and serviceability of all the subsystems and sub- 
assemblies. 

(g) Provisions for ground handling and ground operations. 

(h) Adequate support for the subsystems with a minimum vibration and shock 
transmissibility. 

(i) Contribution of the subsystem packages to the stiffening of the structure. 

(j) Adequate margin for weight growth with a reasonable minimum of 25%. 

(k) Achieving a reasonably high value of packing factor that is feasible under 
given constraints for the physical parameters. 

(l) Provisions for the thermal control of each of the subsystems to maintain the 

thermal environment of the spacecraft within the thermal specifications. 

2.2. Functional and electrical considerations 

(a) Functional grouping of subsystems to minimise cabling paths and develop¬ 
ment, assembly and testing problems. 

(b) Effecting proper physical separation between the EMI sources and susceptible 
subsystems to control the overall electromagnetic environment within the 
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spacecraft and maximum physical separation for units susceptible to strong 
magnetic field effects. 

(c) Ease of reaching connectors between cable harness of separable sections of 
the structure or sub-assemblies. 

(d) Minimising the antenna co-axial cable length after taking into consideration 
constraints imposed by antenna feeder system design. 

(e) Provision of adequate fields of view for the attitude sensors, scientific experi¬ 
ments and the antennas. 

(f) Alignment of spin-up nozzles and solar sensors with respect to the spin axis. 

(g) Provisions for the charging/discharging of battery and charging of gas bottles 
of spin system. 

2.3. Evolution of the subsystem layout 

Evolution of the subsystem layout was preceded by the finalisation of the overall 
spacecraft configuration based on the thermal, power, experiments and the spin 
stabilisation constraints and requirements. The total mechanical configuration 
was basically conceived in three parts. 

(a) The bottom shell housing the spin stabilisation system. 

(b) The deck housing the spacecraft electronics and experimental packages. 

(c) The top-shell supporting the attitude sensors, onboard antennas, nutation 
damper as well as the 2-15 keV x-ray telescope. 

The final subsystem layout in the spacecraft was arrived at (figure 1) as a result of 
a continuous process, to accommodate the modifications required at different stages 
of development. It may be noted here that the packing factor of Aryabhata was of 
the order of 21 % and this low figure was mainly due to 

(a) relatively large surface area required for the generation of electrical power 
from solar cells, and 

(b) the specific requirement of the high ratio of the I Z JI XX (see table 1) for the 
control and stabilisation of the spacecraft. 


3. Electrical integration 

Starting from the block schematic of the satellite electronics and the scientific experi¬ 
ments (figure 2) a detailed study of the individual subsystem was carried out. 

Table 1. Physical characteristics of the flight model 


Weight 

Centre of gravity 
Af-axis 
K-axis 
Z-axis 

Moment of inertia 

tXX 
Iyy 


358-5 kg 

0-50 mm 
0-50 mm 
480-00 mm 

76-70 kg m z 
81-23 kg m 2 
98-50 kg m 2 


Residual dynamic unbalance 2-6 x 10 4 kg mm 2 


P. (C.)—3 
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Figure 2. Electrical block schematic. 


The signal sources and designations were matched and the types and methods of 
interconnections were finalised. Complete interconnection diagrams for each sub¬ 
system as also for the total system were drawn up viz., (i) electrical schematic for 
satellite, (ii) power distribution scheme. 

An investigation into the EMI situation in the spacecraft was conducted based on 
the above mentioned data. The potential sources of electromagnetic interference 
were identified and their interference characteristics were defined. The main EMI 
sources were: 

(i) functional—sources, arising from the subsystems designated to radiate EMI 
energy—e.g., transmitters. 

(ii) incidental—sources, arising from subsystems not designated to radiate EMI 
energy—e.g., DC/DC converters etc. 

Also, the sensitivity characteristics of all subsystems susceptible to EMI were 
defined. Based on the EMI assessment, necessary protections were incorporated 
in the design of the electrical distribution system (EDS). EMI shielding tape was 
used to cover the susceptible signal lines and a hybrid grounding system was adopted 
to avoid the EMI problems. The hybrid grounding system, which included single 
point grounding system for power and signal lines and multi-point grounding system 
for RF (radio frequency) feeder lines was chosen after a careful study and evalua¬ 
tion of various grounding systems. The reference 4 zero ’ voltage was that of the 
spacecraft structure. 

3.1. Electrical distribution system 

Electrical distribution system (EDS) of the spacecraft included: 

(a) the wiring and wiring strands between all the subsystem units; 
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(b) grounding and shielding provisions as mentioned earlier; 

(c) solar panel wiring; 

(d) patch connectors used to interconnect the sub-harnesses of different sections 
of the spacecraft; 

(e) connectors and cable support accessories and fixtures which were not incor¬ 
porated into the structure; 

(f) devices used for protection during integration; 

3.1a. Organisation of EDS 

Subsystem layout, integration data cards, electrical interface data sheets, the sub¬ 
system schematics and interconnection diagrams provided the basis for the organisa¬ 
tion of the interconnection network in the spacecraft. The cabling scheme consisted 
of: 

fi) power distribution harness; 

(ii) low frequency signal harness; 

(iii) RF signal harness and antenna feeder system; 

(iv) solar panal wiring. 

3.1b. Cable harness design 

In addition to the constraints imposed by the subsystem requirements, the following 
considerations were kept in view in the design of the cable harness. 

(a) It should have no performance degradation during the pre-launch, launch and 
orbital phase of the spacecraft. 

(b) The harness layout should not inconvenience or prevent the installation or 
removal of any unit in the spacecraft. 

(c) It should facilitate the testing of any subsystem unit separately with its ground 
support equipment. 

(d) It should have very low or no out-gassing in the space environment. 

(e) It should have maximum physical separation between the RF signal as well 
as power distribution harnesses. 

(f) Bunching, wire treatment and routing should be so as to minimise the electro¬ 
magnetic interference, magnetic effects as well as common mode impedance 
coupling. 

3.1c. Physical characteristics 

(a) Minimisation of size and weight. 

(b) Minimisation of cabling lengths to minimise wiring impedance. 

(c) Standardisation of wires, cables and connector types with functional consi¬ 
derations in mind. 

(d) Assignment and organisation of connectors on the subsystem units, 
harness for the dual purpose of pin function optimisation as well as safe opera¬ 
tion and handling during the integration phase, e.g., the power producing and 
distributing units should have sockets and the harness ends should have 

plugs. 
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(e) All RF signal lines to be terminated with coaxial connectors rather than co¬ 
axial pins. 

(f) The wire insulation and insulation between the shield and the inner conductor 
in case of shielded wire, should be very high, of the order of 10 10 ohms. 

(g) Legible identification marks for wires branches, sub-harness and connectors. 

3.1d. Reliability 

(a) The harness should have in-built reliability. 

(b) Redundant wiring must be employed for critical intersubsystem cabling to 
ensure failsafe operation. For power distribution lines, redundant cabling 
as well as routing should be resorted to. 

3.1e. Environmental conditions 

Harness should meet all the requirements of test, handling, transportation, launch 
and orbital environments. The environmental conditions to be considered are: 

(i) thermal cycling and thermal shocks; (ii) mechanical shock and vibration 
during transportation, launch and separation; (iii) vacuum conditions in space. 

3.1f. Harness fabrication 

A harness jig, which was a simplified wooden model of the deck plate with the simul¬ 
ated framework assembly was used in the fabrication of the cable harness. Various 
wires and cables routing the analog and digital signals and power to the different 
subsystems were identified into compatible bunches, bundles and sub-harness as a 
part of electromagnetic compatibility (EMC) control programme. Then they were 
laid into the harness jig for the proper routing and also for the desired physical sepa¬ 
ration. To meet functional as well as EMC requirements, the following steps were 
taken. 

(a) Space-qualified materials and components of proven reliability were used. 

(b) Mostly multistrand conductor with teflon insulation was used for mechanical 
strength, abrasion resistance and thermal variation tolerance. 

(c) In general, high density, subminiature rectangular multipin connectors with 
ceramic insulation (individually screened) were used. All wire connections 
were soldered joints. 

(d) Power and data signal wiring were separated by covering the data signal har¬ 
ness with EMI tapes. This provided a safeguard for susceptible lines against 
interference pick-up. 

(e) R/F feeder lines, using shielded cable with fibreglass jacket were physically 
separated and run along the top of the framework on the deck plate. This 
proved to be very successful in keeping RFI within the spacecraft at a negligible 
level. 

(f) Twisted pair with shield was used for all power supply lines to minimise mag¬ 
netic effect and noise pick-up by power lines. 

(g) Wiring bundles were covered with teflon tape and laced with nylon chord to 
give mechanical strength, abrasion resistance and tolerance to temperature 
variation. 
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(h) Connector-wire joints jacketed in heat shrinkable sleevings were encapsulated 
with silicone rubber compound, so that the solder joints could withstand 
vibration and shock. 

(i) The harness was rigidly fixed to the structural members with cable clamps. 
The maximum distance between any two fixing points was less than 30 cm. 
Sufficient slack was ensured at bands and connector ends, to avoid stress 
concentration. 


The EDS was subjected to the following environmental tests 

(i) hot soak test at +55°C ) 

(ii) cold soak test at — 15°C \ 

(iii) vibration. 


6 hr duration each, 


3.1g. Integration sequence and tests 

The actual electrical tests of the entire satellite system were done in two stages, viz. 

(a) integration of technological subsystems, 

(b) integration of experiments/payloads with the technological subsystems. 

The integration sequence was evolved keeping in view 

(i) potential interface and interference problems, 

(ii) prevention of likely chain reactions in the event of the malfunction of a parti¬ 
cular subsystem, and 

(iii) operational convenience. 

After visual and mechanical inspection, each subsystem unit was mechanically inte¬ 
grated with the spacecraft structure. Each subsystem was put through autonomous 
tests to ensure its performance as against the subsystem specifications. Two or 
more subsystems were progressively integrated and put through complex tests to 
finally build up the complete satellite system. 

The successive integration process began with the interfacing of power subsystem 
with telemetry. Power subsystem with maximum interfaces logically had to be the 
first in the integration sequence and telemetry thereafter. This facilitated the feed¬ 
ing of onboard power to the subsequent subsystems, to be integrated and monitoring 
their performance. Thus the interface incompatibilities such as pin function mis¬ 
match and impedance mismatch could be thoroughly understood and malfunction 
propagation could be halted. The integration sequence followed was as outlined 
below: 

(a) power + telemetry 

(b) power + telemetry + telecommand 

(c) power + telemetry + telecommand + sensors 

(d) power + telemetry + telecommand + sensors + communication system. 

The communication subsystem consisting of onboard telemetry transmitter and 

telecommand receivers, was chosen to be integrated last among the satellite main 
frame units as electromagnetic compatibility between the various subsystems 
operating at low frequenceis had to be established first. 


3.2. Mechanical integration 

This included a detailed study of all the mechanical aspects of the integration of the 
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satellite and design and fabrication of all the mechanical components to meet the 
environmental and functional requirements of the subsystem units. 

3.2a. Subsystem boxes 

The boxes were made out of aluminium alloy B51SW/LM11 to give a combination 
of low density, good mechanical and thermal properties and ease of fabrication 
together with good dimensional stability. Flanges were provided on the boxes for 
fixing them to the framework both at the front and back providing centre of gravity 
type mounting. The boxes were milled out of castings or bar stocks to maintain 
the contact resistance below 2-5 m ohms. 

3.2b. Subsystem mounting framework 

The final form of the framework was arrived at after taking the following into 
account: 

(a) the structural efficiency—defined in terms of minimising the weight of the load 
carrying structure (framework); 

(b) the thermal efficiency—defined as a design with simple reproducible heat 
paths eliminating unnecessary gadgetry; 

(c) simplicity—which applied to ground operations and resulted in increased 
reliability and in meeting the time schedules because of reduction in time for 
the assembly and replacement of subsystem units and lesser probability of 
damage during these operations; 

(d) growth potential—which again resulted in an easier incorporation of changes 
due to the changing requirements or better knowledge of the problems. 

The framework was of rivetted construction. The members of the framework con¬ 
sisted of unequal aluminium angle sections (B51SW alloy), the aluminium material 
being chosen for reasons mentioned above. Necessary templates and fixtures were 
used during the fabrication of the framework to maintain the dimension of each 
stack within a tolerance of ± 0-5 mm and the overall dimensions of the framework 
within a tolerance of ± 2 mm. Provisions were also made on this framework—at 
four alternate corners—to handle the deck plate with all the subsystems in position 
(total weight about 200 kg). 

3.2c. Principles of integration 

The following electromechanical practices were followed for the successful integra¬ 
tion of the satellite: 

(a) provision of all the threaded hardware with an approved locking feature; 

(b) use of materials with similar thermal expansion coefficients, wherever practi¬ 
cable ; 

(c) potting of the connector to dampen vibration; 

(d) provision of protective covers for detectors, and other delicate components 
with the possibility of easy removal prior to launch; 

(e) provision for the alignment of the sun sensors after the total assembly of the 
satellite. 
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4. Qualification testing 

4 1. Mechanical 

The mechanical prototype with all the subsystem units simulated for their weights 
was integrated and the adequacy of the mechanical design and the quality of 
integration were ensured through a series of static and dynamic tests, designed to 
simulate the various loads expected during ground operations, launch and orbital 
flight. 

4.2. Electrical 

The incompatibilities, anomalies as well as design deficiencies were carefully studied 
in the process of integration and testing of the engineering model and the electrical 
prototype. 

The qualification testing of the engineering model and the electrical prototype was 
done at two levels, viz., (i) testing in the process of integration and (ii) flight test 
using a helicopter. Helicopter test was also necessitated to facilitate the satellite 
ground station compatibility studies. 

The autonomous and complex schemes of tests as mentioned in the previous sec¬ 
tion were carried out on these two models. The problems encountered during the 
system integration of engineering and prototype models of Aryabhata could be 
classified as: (a) intrasubsystem problems; (b) pin function mismatch; (c) inter 
face problems; and (d) interference problems. 

4.2a. Intrasubsystem problems 

During the autonomous test of subsystems or payloads, non-compliance to the nomi¬ 
nal performance characteristics were traced down to the fabrication defects, draw¬ 
backs in the system design or component degradation. In all such cases the culprit 
elements in the building blocks of the subsystem were usually identified for the correc¬ 
tive measure to be taken. 

4.2b. Pin function mismatch 

Pin function mismatch between the various subsystems or between the subsystem 
and electrical distribution system, though of trivial nature, would have lead to mal¬ 
function propagation in the satellite system but for the successive integration 
process. 

4,2c. Interface problems 

Whenever the subsystems were interfaced the mutual compatibility between them 
had to be ensured. Sometimes due to fabrication defects, impedance mismatch or 
deviation in the specifications, a number of ticklish problems were encountered. 
In such cases intersystem interactions were studied and defective interfaces were 
modified. 



System integration 277 

4.2d. Interference problems 

Receiver desensitisation, receiver intermodulation effects due to spurious emanation 
from transmitter, power line conducted interferences on telecommand decoders 
etc. were some of the electromagnetic interference problems faced in the mainframe 
integration. In all such cases the interference emitters and susceptible units were 
identified by field fixing techniques. The requisite filtering, shielding and sometimes 
rerouting of the electrical distribution system for larger physical isolation were 
resorted to to eliminate interference effects. 

Detailed investigations of all such problems led to a number of modifications to 
be effected on the prototype model itself and had to be requalified prior to the incor¬ 
poration of them into the flight model. A few of the typical modifications are listed 
below. 

(i) Additional filtering at the source as well as at the load end of the power lines 
to contain the ripple and spike levels to less than 30 mV. 

(ii) Modification in the failsafe circuits to provide overload as well as short cir¬ 
cuit protection. 

(iii) Introduction of transmitter filter to suppress spurious emanations particularly 
in the region of 148 MHz. 

(iv) Improvement in the grounding system to minimise the pick-up problems. 

4.3. Completion of the qualification programme 

The qualification programme was completed with the integration of the prototype 
model of the satellite (mechanically and electrically very close to the flight model), 
measurement of the physical parameters and the vibration test with an electrical 
check before and after vibration to ensure the mechanical rigidity of all the subsystem 
packages and of the integrated satellite and consistency in the functioning of the 
satellite. 

At each stage of the qualification programme, reviews were held to establish that 
the test programme had been satisfactorily completed and to confirm that the hard¬ 
ware met the specifications laid down. 


5. Acceptance testing of flight model 

The flight model was fabricated as an exact replica of the finalised prototype. Accep¬ 
tance standards for the flight model subsystems were based on their performance 
characteristics as well as the inputs obtained from the qualification testing of the 
previous models. 

Each subsystem, on being successfully subjected to the environmental and quali¬ 
fication tests, was received (along with its ground support equipment, log book and 
quality assurance certificate) for integration into the spacecraft structure. Prior to 
the integration into the spacecraft, visual and mechanical inspection on each 
subsystem unit was carried out as per the provisions of the receiving inspection 
procedure. 

During autonomous tests, the individual subsystem unit was tested similar to that 
adopted in bench tests using external power source and stimuli but at the same 
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time conditions that would obtain when the subsystem became a part of the total 
satellite system, were simulated as closely as possible. A set of complex scheme of 
tests was then carried out for compatibility check-up with the other subsystem. 

After the integration of all the elements in the satellite, the satellite flight model 
was subjected to physical measurements and dynamic balancing to check the physical 
parameters of the integrated satellite against the specifications. The general 
physical characteristics of the flight model are given in table 1. 

All the operations on the flight model were made in a clean and controlled atmos¬ 
phere and during the process of testing, the relevant documents were followed 
verbatim. 

On the completion of the acceptance testing of the flight model, it was transported 
to the Soviet Cosmodrome where the electrical tests were repeated in view of the 
large amount of handling involved during transportation. In addition, the follow¬ 
ing operations were made as part of the prelaunch operations: 

(a) leak detection test on the spin-up system; 

(b) pressurising the gas bottles of the spin-up system; 

(c) mating the satellite with the rocket; 

(d) mating the heat shield with the rocket; 

(e) retransmission test at technological position; 

(f) transportation of the rocket with the satellite to the launch pad; 

(g) ground checkout with cable checkout system as also RF retransmission test 
at the launch pad; 

(h) launch. 

All these operations at the Cosmodrome were done jointly by the Indian and 
Soviet teams and any operations made—however minor—were recorded in the 
technical certificate of the satellite. 


6. Conclusions 

The efforts of system integration were climaxed with the uninterrupted reception of 
the first signals from Aryabhata consequent to its successful launching. Excellent 
performance of the onboard technological subsystem in the subsequent orbital life 
vindicated further the rigorous test philosophy, procedures as well as documenta¬ 
tion employed in the construction and integration of Aryabhata. 

We thus see that the necessary technology for the fabrication and integration of a 
spaceworthy satellite has been established and this further gives us the necessary 
confidence to take up programmes on more sophisticated satellites for application 
technology. 



